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Airfoil leading edge blowing
to control bow shock waves

Francisco Lozano™’ & Guillermo Paniagua

This manuscript presents a detailed characterization of active control of bow shock waves via leading
edge injection, including subsonic coolant ejection and the appearance of Coanda effects. The flow
phenomena occurring at steady and pulsating flow injection regimes were analyzed using steady

and unsteady two-dimensional Reynolds-Averaged Navier Stokes, leading to a precise evaluation of
the thermal load and drag reductions. Steady supersonic injection yields the largest abatement in
thermal load and aerodynamic drag, while subsonic or fluctuating ones can also provide significant
improvements at reduced cooling mass flow rates. Furthermore, a Coanda effect, causing a non-
symmetric flow topology, was observed and analyzed for reduced injection port size. This Coanda
effect is due to the sudden expansion happening from the injection port to the main flow and it causes
the flow topology at the leading edge to become non-symmetric despite the complete symmetry of
the problem. This is the first time in the literature such a phenomenon is documented for a supersonic
airfoil leading edge injection. Furthermore, it enables the design of novel flow control strategies for
the leading edge shock topology and flow structures in supersonic flows.

List of symbols
Amplitude (-)
Flow angle (deg)
Mach number (-)
Chord (m)
Leading edge diameter (m)
Drag force per unit length (N/m)
Frequency (Hz)
Mach number (-)
Mass flow (kg/(s m))
Pressure (Pa)
Period (s)
o Total pressure loss (-)
Heat flux (W/m?)
Thermal load (W/m)
Time (s)
Temperature (K)
Cooling effectiveness (-)
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Subscripts

0 Total conditions
1 Inlet conditions
2 Outlet conditions

Shock waves topologies appearing in the vicinity of aerodynamic bodies immersed in supersonic flows abate
the steady and transient aero-thermal performance. The induced thermomechanical loads constraint severely
the work of designers!, which is vital towards the conception of more efficient supersonic flying vehicles, and
supersonic internal passages, such as supersonic turbomachinery for alternative power generation cycles®?.
The bow shock appearing at the leading edge region is particularly detrimental due to the high aerodynamic
losses it creates, particularly due to its normal core region. Moreover, it is at the leading edge where the maximum
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Figure 1. (a) Leading edge aerothermal challenge and (b) long penetration mode leading edge flow topology
sketch, reproduced from Fomin et al.''.

thermal load is found for any geometry immersed in a supersonic stream. This aerothermal challenge is depicted
in Fig. 1a. This graphic depicts the substantial increases in temperature and pressure suffered across the bow
shock along the stagnation line, together with the leading edge heat flux distribution (¢), exhibiting its maximum
at the stagnation point.

A first approach to control it is the use of so-called aero-spikes or aero-disks**. These slender structures placed
ahead of the leading edge modify the bow shock, turning its central normal region into two oblique shocks. This
effect creates substantial reductions in wave drag. Nevertheless, it leads to severe aerodynamic and thermal loads
on the aero-spike itself, limiting its practical implementation. A second approach relies on energy deposition, in
which energy locally added upstream of the body creates a high temperature plasma bubble which interacts with
the bow shock transforming its central region into two oblique shocks as well. The energy deposition methodol-
ogy is proven to be successful in reducing drag®”, yielding however a detrimental increase in the thermal load
due to the rise it creates in the main flow total temperature.

Another strategy to control bow shock waves is the use of counterflowing jets injected at the leading edge
region. There exists experimental and numerical evidence of the flow topology modifications this strategy creates,
as well as the associated drag and heat flux reductions®'°. As the counterflowing jet merges with the mainstream,
it modifies the leading edge shock pattern, which leads to a reduction in the pressure field over the body as well
as pressure drag. Furthermore, the modulation of the boundary layer over the aerodynamic body created by the
leading edge injection promotes a reduction in viscous drag. Fomin et al.!! studied the leading edge flow topol-
ogy under different steady injection regimes through numerical inviscid simulations. at low injection pressures
mainly the position of the bow shock is modified, pushing it upstream, with minor shape alteration, short pen-
etration mode. There exists a pressure threshold beyond which the flow topology is dramatically changed, and
the central part of the bow shock is replaced by two oblique shocks, like an aero-spike, long penetration mode.
This flow topology is schematically depicted in Fig. 1b. Finley'? provided a detailed experimental characteriza-
tion of the leading edge flow topology and wall pressure distributions for different flow injection intensities and
leading edge geometries for the short penetration mode. Daso et al.* also found the appearance of the short
and long penetration modes using a combination of Reynolds-Averaged Navier Stokes (RANS) simulations and
experimental studies. Interestingly, at extreme blowing rates, the bow shock disappears at the jet core'.

The flow control literature is prolific on test cases evaluating the airfoil trailing edge'*®or the leading edge''.
However, the present manuscript explores for the first time in the literature the analysis of subsonic leading-edge
ejection, using a steady and a pulsating stream. These new regimes require less energy than previous publications
focused on supersonic ejection, abating some of the aerothermal penalties related to the leading edge bow shock.
Furthermore, by exploring several ejection slot width relative to the leading edge diameter, we could identify a
Coanda flow topology. Coanda flow, previously documented at a symmetric sudden expansion!® indicated the
significance of unsteady 3D effects. To the authors’ knowledge, this work documents this phenomenon for the
first time in supersonic leading edge bodies. The manuscript details the sudden flow ejection at different blow-
ing ratios, providing relevant data for designers concerned with the cooling of supersonic aerodynamic bodies.

The approach employed for the present study is fully numerical, using steady and unsteady RANS. Different
injection boundary conditions and geometries were assessed, evaluating their effect on the flow phenomena. The
relation between modifications induced in these flow phenomena and the thermal load, drag and aerodynamic
losses was evaluated in order to provide further tools to design more effective flow control and cooling strategies
for supersonic aerodynamic bodies.

Numerical methodology

Computational domain. The computational domain is depicted in Fig. 2. It is a two-dimensional geom-
etry consisting of a slender airfoil with a constant thickness d = 4 mm and semi-circular leading and trailing
edge. The chord of the airfoil is c = 60 mm = 15 x d. The total axial length of the computational domain, illus-
trated in Fig. 2, is four times this axial chord, with the domain extended 1.5 times the chord upstream of the
leading edge and 1.5 times downstream of the trailing edge. In the direction normal to the flow, the domain has
awidth L, = 230 mm = 57.5 x d, with the airfoil being located at the center. Two different widths for the injec-
tion port were studied: dcooling = d/2 and d/10.
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Figure 2. Computational domain and type of boundary conditions.

po1 (Pa) | 757,749
Tor (K) | 2743
p1(Pa) | 100,560
Ty (K) | 1000

a1 (°) 0

Table 1. Main flow boundary conditions.
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Table 2. Cooling injection boundary conditions and geometry.

Boundary conditions. In Fig. 2, the flow moves from the left supersonic inlet to the right supersonic out-
let. Total pressure and temperature as well as static pressure are imposed at the inlet, resulting in an inlet Mach
number of M; = 1.98. This main flow boundary conditions are given in Table 1. The outlet boundary condition,
located on the right side of the computational domain, depicted in Fig. 2 is a supersonic outlet. Hence, the con-
ditions at that section are not imposed but computed within the computational domain. The cooling injection
is depicted in the zoomed leading edge area in Fig. 2. The coolant flow is injected opposing the mainstream in
a cavity which is recessed one leading edge diameter. The boundary condition for the cooling injection is an
inlet in which total pressure and temperature are imposed, together with static pressure in the supersonic injec-
tion cases. Regarding the unsteady simulations, at the coolant inlet boundary condition located at the leading
edge, coolant total pressure varied in time while all the other boundary conditions remained the same as in the
steady simulations. The unsteady blowing boundary conditions were prescribed through a coolant total pressure
sinusoidal fluctuation, pg cooling> With a constant total temperature. The mathematical expression describing the
temporal evolution of po cooling (t) is given in Eq. (1). Where po cooling mean is the mean value of the cooling total
pressure throughout the period. A is the dimensionless peak-to-peak amplitude of the fluctuation as defined in
Eq. (2), po cooling max and po cooling min correspond to the maximum and minimum values of cooling total pressure
during a period.

Table 2 presents the different cooling injection steady total pressures and temperatures investigated for cool-
ing injection port sizes of d/2 and d/10.
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Figure 3. Thermal load evolution with respect to the number of cells for the different grids studied for the case
with cooling injection.

N(=) [227,298 |449,406 |545204 | 605,459
eQ(%) |80 22 11 5

Table 3. Relative discretization errors from grid sensitivity study.

A
Po cooling (t) = Po cooling mean [1 + E sin (27‘[ft):| (1)
where

__ Pocooling max — PO cooling min

A

2
Po cooling mean )
The maximum and minimum values for the cooling total pressure are such that pg coling max /o1 = 0.75 and
D0 cooling min/Po1 = 0.736. This gives a peak-to-peak amplitude A = 1.9 %. The frequencies (f) studied for the
cooling total pressure fluctuations are 10, 100 and 1000 Hz. These have been studied for the two different cooling
total temperatures ratios 0.4 and 0.5.

Numerical approach. The numerical approach for the present study is based on two-dimensional steady
and unsteady Reynolds-Averaged Navier Stokes (RANS and URANS) simulations for the cases with steady and
unsteady actuation. The spatial discretization was performed using the commercial package Ansys ICEM. The
solver used is Ansys Fluent, in its density-based mode in order to account for compressibility. Second-order
upwind formulations were employed to solve the flow and turbulence transport equations. The transient solution
for the unsteady simulations was solved with second-order implicit formulation.

The working fluid for both the main and coolant flow is air, modeled as an ideal gas, assuming constant spe-
cific heat capacity and thermal conductivity. Viscosity is modeled using Sutherland’s law. The turbulence closure
was achieved using the k-w SST model. All the simulations were performed considering the flow to be fully tur-
bulent from the leading edge. This assumption is consistent with the recommendations from the turbine cooling
community. According to Mayle!” and Dunn'®, the injection of cooling at the leading edge triggers transition
right at the leading edge, and therefore transition effects should be negligible. Note that in the present analysis,
the inlet Reynolds number per unit length is Re;; = 6.62 x 10° m~.. Two different grids are used throughout
this study, for the cases with and without actuation. In both cases, the mesh is structured, and it is based on an
O-grid that surrounds the airfoil. At the beginning of the study, a grid sensitivity analysis was performed for
both grids, while monitoring: local distributions (pressure, heat flux and shear stress) at various positions along
the airfoil; and integral quantities along the suctions and pressure side (heat flux integral along the airfoil walls
and total drag). For all grids considered, a y™ < 1 was always ensured at the airfoil walls guaranteeing a proper
resolution of the boundary layer.

A grid sensitivity study was performed for both cooled and uncooled cases. The grid was carefully selected to
ensure the flow structures and wall variables are properly captured and grid-independent, despite the diffusive
second-order upwind scheme, as observed in the experimental validation test case. In the case of leading-edge
injection, five different meshes were considered. They contained 227,298, 449,406, 545,204, 605,459 and 891,976
cells. Figure 3 represents the evolution of the thermal load, i.e. the integral of the heat flux over the complete
airfoil, with respect to the number of cells used in the spatial discretization. For the four grids studied other than
the finest one, the relative error, e,, as defined in Eq. (3), based on the work by Celik et al.'” has been evaluated.
In that expression, Qol represents a given quantity of interest. The relative error values for the thermal load are
given in Table 3 for the thermal load. For the grid of 605,204 cells, eg is reduced to a value of 5%, while for drag
this relative error is below 1% for all the grids. Furthermore, the differences between the local heat flux and wall
shear stress between these two grids were also minor. This led to the choice of the grid with 605,204 cells as the
discretization used for the rest of the study in the cases with leading edge injection. The same approach was fol-
lowed for the mesh sensitivity study in the case of no actuation. The final chosen one has 267,316 cells.
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Figure 4. Validation case (a) computational domain and (b) Mach number contour for poc/pos = 1.05 and (c)
leading edge experimental and numerical static pressure distributions.

po1 (Pa) 275,790
ToL (K) | 294
p1(Pa) | 16,141
a (°) 0

Table 4. Validation case main flow boundary conditions.
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Note that all steady simulations were run for over 80,000 iterations to ensure convergence, ensuring that vari-
ations in relevant mass flows and quantities of interest such as the thermal load were below 0.05%. To ensure the
Coanda flow is not a numerical artifact, cases yielding symmetric and asymmetric flow topologies were initial-
ized from other symmetric and asymmetric solutions. In all cases, the symmetric or Coanda flow topology was
always achieved independent of the simulation’s initialization; the solution was only a function of the applied
cooling boundary conditions.

For the unsteady cases, a time convergence study was performed as well. i.e. various time steps were studied
to ensure that a finer time discretization would not change the physical phenomena captured by the simulations.
This time convergence was assessed based on the temporal evolution of the airfoil thermal load, total pressure
loss across the domain, cooling injection mass flow and Mach number. Periodic convergence of the simulations,
i.e. how many periods were required to ensure periodic conditions, was assessed based on the work by Clark and
Grover® by evaluating the different harmonic amplitudes.

Numerical approach validation. The experimental work by Finley'?> was employed to assess the valid-
ity of the 2D RANS methodology adopted in this study. Finley studied the flow phenomena occurring when a
counterflowing jet is injected at the leading edge of a body facing a supersonic free stream. As a validation for the
present study, one of his test articles, an axisymmetric body with a leading edge diameter of 50.8 mm = 2 in and
an injection port diameter of 7 mm, has been simulated. Figure 4a shows a schematic view of the computational
domain for this validation case. An O-grid centered on the aerodynamic body like the one used for the rest of the
study was employed. At the supersonic inlet on the left of the domain, the boundary conditions given in Table 4,
which give a free stream Mach number of 2.5, were imposed. The wall around the axisymmetric object were con-
sidered isothermal with a constant temperature of 300 K. Furthermore, a supersonic inlet with a Mach number
of 1 was imposed at the leading edge, with two different cooling total pressures such that po./pos = 1.05,1.35,
where po, is the cooling total pressure and pyy is the free stream Pitot pressure.

Figure 4b depicts the Mach number contour obtained for po./pos = 1.05. The shock pattern like the one
appearing for this injection will be analyzed in detail in the following section. Figure 4c depicts the static pressure
distribution along the leading edge of the airfoil. On the horizontal axis, 6 represents the angle with respect to the
symmetry axis, while on the vertical axis the static pressure p is normalized with the Pitot pressure. Solid lines
correspond to the numerical data, while the discrete points correspond to the experimental results reported by
Finley'?. Near the symmetry axis, approximately for 6 between 10° and 20°, there is a region of low pressure in
both cases, this correspond to a recirculation formed on the side of the injection port. As the angle 6 increases,
pressure increases towards a maximum located at the reattachment point'?, decreasing after that as the flow
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Figure 5. Computational domain (a), Mach contour slices and streamlines at 3D region at the leading edge (b),
Mach contour corresponding to a 2D simulations (c), Mach contour cut on 2D region from 3D simulation (d)
for a supersonic airfoil.

expands downstream of the recirculation area. Numerical and experimental data show good agreement, with
the maximum differences occurring at the reattachment point. These may be explained by the difficulty of RANS
models to capture the reattachment of recirculation regions as shown by Saavedra and Paniagua®'.

Two- and three-dimensional flow topologies comparison. This manuscript presents a detailed
analysis of the effects of flow control, considering a two-dimensional flow topology based on two-dimensional
simulations. This section describes the spanwise flow field when the 2D cylindrical airfoil is mounted in a 3D
configuration, attached to a bottom endwall. Figure 5a shows the computational domain used in the 3D RANS
simulation. The blue surfaces designate the inlet and outlet sections, and the red surfaces correspond to the
viscous bottom and top walls. The inlet boundary condition defines a supersonic flow at Mach 4, with a flat
profile of total pressure and total temperature. The outlet boundary condition is a supersonic outlet. Figure 5b
displays iso-Mach number contours, as well as streamlines. At the junction between the airfoil and the hub
endwall, we observe a complicated 3D shock and the formation of a horseshoe vortex. However, moving away
from that junction along the airfoil’s span, a 2D topology is retrieved around the leading edge, dominated by the
bow shock, consistent with studies available in the literature??. Figure 5¢ represents the Mach contour obtained
from a 2D simulation with the same airfoil geometry and free stream conditions. Figure 5d depicts the iso-Mach
levels extracted from the 3D simulation at a span of 80% of the total height of the domain. Both Figures (c) and
(d) evidence identical flow topologies at the leading edge, with only minor differences on the trailing edge and
outlet vicinity. In the present paper, the aim is to characterize the effect of flow control via leading-edge injection
precisely in those regions where a 2D flow topology appears.

Steady blowing effect

Flow topology modifications. Figure 6a shows iso-Mach number levels around the airfoil for a case with-
out coolant injection. The bow shock appearing upstream of the leading edge leads to a strong reduction in the
Mach number. Further downstream, the flow reaccelerates due to the Prandtl-Meyer expansion fan appearing at
the detachment point, followed by lip shocks and the main shock. When cooling is injected at the leading edge
at injection total pressures pg cooling/po1 < 0.75 the coolant is injected in a subsonic regime, for higher coolant
stagnant pressures, a supersonic injection occurs. Two sample Mach contours of the leading edge region at these
regimes are depicted in Fig. 6 at a cooling total temperature Ty cooling/ To1 = 0.5.

For subsonic injection (see Fig. 6¢), the Mach number in the injection vicinity remains below 1, the cooling
jet pushes the bow shock and the stagnation point upstream.

Figure 7 depicts a detailed sketch of the flow topology near the leading edge in supersonic injection condi-
tions. The cooling flow achieves sonic conditions within the injection cavity. As soon as it departs from the
cavity, it expands to supersonic conditions through a nozzle-shaped structure, region A. Region B corresponds
to two recirculation regions appearing on opposite sides of the expansion region A. These two regions, A and B,
are separated by shear layers (marked as C). The expansion region A is bounded upstream of the leading edge
by a terminal shock (D) which defines the boundary between the supersonic region A and the subsonic region
appearing upstream. Region G refers to the flow upstream of the bow shock. The saddle point (E) is found
upstream of the terminal shock, where the cooling and main flow streams collide. Upstream of E the flow has
the direction of the mainstream while downstream it has the direction of the opposing jet injected at the leading
edge. As these two streams strike at the saddle point, they divert towards the upper and bottom sides of the airfoil
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Figure 6. Mach number contours without cooling injection over the complete airfoil (a) and at the leading edge
region (b) and with subsonic (c) and supersonic (d) injection at the leading edge region.

Figure 7. Leading edge region flow topology under supersonic injections conditions.

forming an interface (F). The interface F divides the main high temperature stream from the opposing cooling
stream, hence protecting the leading edge.

Effect on aerodynamic performance. Figure 8 represents the shear stress signature for the different
cases under study: no actuation, actuation cases at Tg cooling/ To1 = 0.5 and po cooling /o1 values from 0.739 to 1.5.
In case of no injection, the wall shear stress distribution has a peak near the leading edge, where the flow acceler-
ates after departing the stagnation point, before dropping towards a plateau.

However, for flow injection cases, the wall shear stress reflects negative values near the leading edge, iden-
tifying recirculated flow presence (B in Fig. 7). Once reattached the shear stress suddenly rises, mimicking the
behavior of non-cooled case. As the cooling injection total pressure is increased, the extension of the separation
region rises and the magnitude of the maximum wall shear stress appearing after decreases. In fact, for the case
at po cooling/Po1 = 0.9, the positive wall shear stress peak is suppressed. On both sides of the coolant ejection, the
extension of the recirculation regions increases with the coolant injection total pressure. This more considerable
extension of the separation region leads towards smoother density gradients, decreasing the wall shear after the
reattachment point.

The effects of leading edge injection on the local distributions of pressure and viscous drag are shown in
Fig. 9a,b, respectively, for the same conditions depicted in Fig. 8. These local pressure and viscous drag distribu-
tions are obtained by projecting on the axial direction the force locally created by pressure and wall shear stress
on the airfoil. The pressure drag distributions are focused on the leading edge vicinity, non-dimensionalizing
the axial distance with the leading edge diameter. For the uncooled case, the pressure drag distribution has its
maximum at the leading edge due to the maximum value of the pressure along the airfoil’s wall at the stagnation
point. It decays from there, reaching a 0 value at the transition from the leading edge to the straight part of the
airfoil (x/d = 0.5). When the cold flow is ejected at the leading edge, the stagnation point of the flow is not at the
leading edge surface but leads to a saddle point further upstream, where the main flow and the coolant jet collides
(see point E in Fig. 7). As po cooling is increased, the pressure drag values further decrease since the increase in the
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Figure 8. Wall shear stress distributions at the leading edge region under different cooling injection total
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Figure 9. Local (a) pressure drag distribution near the leading edge and (b) viscous drag distribution along the
airfoil wall without actuation and under different steady blowing conditions.

recirculated area leads to lower pressure, hence lower pressure drag. However, once the supersonic injection is
reached, the differences in local pressure drag are minor, leading to a lower contrast between the distributions
corresponding to po cooling/Po1 = 0.9 and 1.5 as observed in Fig. 9a.

The viscous drag distributions depicted in Fig. 9b mimic the behaviors observed in the wall shear stress
signatures shown in Fig. 8. For the case without actuation, it starts from 0 at the leading edge going immediately
through a peak. After that, it has a local minimum before transitioning to a smooth local maximum and decay.
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Figure 10. (a) Pressure, (b) viscous and (c) total drag reduction under cooling injection conditions.

At the trailing edge region, it presents a sudden drop from the previous gradual decay and a peak before going
back to 0. This fluctuating behavior occurring at the trailing edge is due to the unsteady flow detachment at the
base region occurring in a periodic alternating pattern between the lower and the upper side of the airfoil. The
distortion travels upstream within the subsonic part of the boundary layer, which justifies the fluctuations in the
wall shear stress. As coolant is injected at the leading edge, viscous drag is reduced along the complete airfoil.
Moreover, at the leading edge area, the negative shear stress created by the recirculation regions under supersonic
injection conditions leads to negative viscous drag values, therefore, thrust is created.

Figure 10a-c present the overall pressure, viscous and total drag calculated by integrating along the airfoil.
In these figures, the drag is non-dimensionalized by the drag with no cooling. For subsonic injection, as cool-
ing total pressure increases both pressure and viscous drag decrease, causing total drag to decrease as well. In
the supersonic injection regime, pressure drag firstly remains unchanged and increases slightly as pg cooling is
increase beyond pg cooting /po1 = 1.

The maximum reduction in pressure and viscous drag are 97 and 75%, found for pg cooling/po1 = 0.9and 1.5,
respectively. Due to the higher absolute value of the pressure component, the maximum total drag reduction is
94%, for Po cooling/P()l = 1.0.

The effect of the injection on the leading edge shock shape can be observed in Fig. 11, graph (a) shows the
geometry of the complete shock for different cooling total pressures. Figure 11b represents the distance between
the shock and the leading edge along the stagnation line (non-dimensionalized by the airfoil chord) for different
cooling total pressures (normalized with the inlet total pressure). As coolant is injected, the momentum of this
colder flow jet pushes the bow shock upstream, away from the leading edge. The higher the total pressure of this
coolant jet, the higher its momentum, and therefore the further upstream it moves the bow shock. Additionally,
the higher momentum rate of the coolant jet with increasing po coling leads to higher angles of the bow shock
relative to the horizontal; thus, the bow shock becomes less oblique. Therefore, increasing the coolant total pres-
sure, causes a higher intensity of the shock, increasing the total pressure losses across the domain. Figure 11c
displays this total pressure loss, Apy, defined in Eq. (4), where pg represents total pressure and the subindices 1
and 2 are associated to inlet and outlet quantities, respectively.

Po2
Apg=1——7
Po P01 (4)

The data shown in Fig. 11 corresponds to a dimensionless cooling total temperature of Tq cooting/ To1 = 0.5.
The variation of the cooling total temperature has a negligible effect on the total pressure losses with respect to
the one caused by po cooling-

The change in the slope in Fig. 11b,c occurs when transitioning to supersonic ( po cooling /po1 > 0.75) injec-
tion. This slope is steeper for the subsonic injection range, showing a higher sensitivity of Apg with respect to
the cooling injection total pressure for these cases.
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Figure 11. Bow shock shape (a), distance from the leading edge (b) and total pressure loss (c) for different
cooling total pressures.
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Figure 12. Cooling effectiveness distributions for different cooling total pressures and temperatures.

Effect on thermal behavior. In order to analyze the effect of the cooling injection on the thermal perfor-
mance of the airfoil, Fig. 12 shows the isothermal cooling effectiveness along the airfoil as defined in Eq. (5). It
represents the ratio between the local heat flux alleviation with cooling and the local heat flux when no cooling
is applied®.
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All cooling effectiveness distributions have their maximum at the leading edge, where the cooling is injected,
with values close to unity. Immediately downstream, cooling effectiveness suddenly drops towards a plateau.
For the lowest cooling total pressure, a second decay is observed. As the cooling total pressure is increased, this
decay is less abrupt and occurs further downstream. It is even suppressed for pg cooling /o1 = 1.5. This behavior
occurs because higher coolant total pressures imply higher momentum of the coolant jet, which allows the jet
to propagate its effect further downstream along the airfoil, better protecting a larger portion of it. The increase
in coolant total pressure leads to higher cooling effectiveness values along the complete airfoil. The minimum
cooling effectiveness value is found at the trailing edge region, being 0.34 for pg cooling/po1 = 0.739 and 0.47 for
Po caoling/POl =09.

The red solid and dash-dotted lines in Fig. 12 depict the cooling effectiveness distributions at
P0cooling /Po1 = 0.739 for two different coolant total temperatures. The cooling effectiveness is increased for
lower coolant temperatures along the complete airfoil. For this particular distribution, the cooling effectiveness
remains in values close to 90% up to the mid-chord. Therefore, the lower cooling temperature helps to better
protect the airfoil against the hot incoming flow by lowering down the local driving temperature of the convec-
tive heat transfer process.

The overall thermal load alleviation for different steady cooling conditions is shown in Fig. 13a. This overall
thermal load Q is the heat flux integral along the airfoil. In the graph, it is normalized by its value when no cooling
is applied. This ratio is represented with respect to p cooling /po1 for the two different values of To cooling- Decreas-
ing To cooling significantly reduces the thermal load, reaching for po cooling /o1 = 1.5 and To cooting/ Tor = 0.4 2
reduction in Q of 93% with respect to the uncooled configuration. This is the maximum thermal load reduction
encountered when injecting in steady conditions in the present study, appearing for supersonic injection. This
kind of injection reports larger thermal load alleviations than subsonic one. However, it is also more expensive
in terms of the mass flow it requires. e.g. for pg cooting /o1 = 0.75 the cooling mass flow is 50% less than the mass
flow required for pg cooling/po1 = 1.5. The cooling mass flows injected under different cooling boundary condi-
tions are depicted in Fig. 13b. The thermal performance of the airfoil, as well as the aerodynamic one, is more
sensitive to pg cooling variations for subsonic injection conditions than for supersonic ones.

The expressions describing the exponential laws for the heat alleviation for supersonic injection conditions
are given in Eqs. @@@(6a, 6b) for Tp cooling/To1 = 0.5 and 0.4, respectively. Having these two laws allows the
extrapolation of the thermal load alleviation that would occur at other cooling boundary conditions, facilitating
the work of future designers without the need of running new simulations.
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Cooling injection port size effect. Three different cooling rates were studied with a cooling injection
port diameter deooling = d/10. The case at pg cooling/po1 = 0.8 corresponds to a subsonic injection while the cases
at Po cooling/Po1 = 1.5 and 2 yield supersonic injections. Interestingly, the two cases with lower pg cooling feature a
Coanda effect, which makes the flow topology at the leading edge non-symmetric. Therefore, there is a threshold
in po cooling /Po1 below which this Coanda effect appears. The leading edge region Mach number contour for the
case at pg cooling /Po1 = 0.8 and Tg cooting/ Tor = 0.51s given in Fig. 14. As seen in this image, despite the complete
symmetry in the problem geometry and boundary conditions, the cooling flow deviates to one side, creating a
non-symmetric configuration. For the two cases in which the Coanda effect has been found the jet deviates to
its left as it departs the injection cavity. This is the first time in the literature that such a bifurcation phenomenon
has been identified in a leading edge injection configuration as the one studied herein.

Coanda effect was observed before in symmetric injection configurations, although not for leading edge
injection in a supersonic free stream as it was identified in this study. e.g. at the trailing edge Martinez-Cava
et al.’® identified it for injection at the trailing edge. At a critical Reynolds number, a bifurcation exists which
causes the flow topology to transition from a symmetric to an asymmetric configuration. In this asymmetric
topology, one of the separation regions on the sides of the expansion becomes larger than the other, deflecting
the flow towards the small recirculation side. In the present case, the sudden expansion occurring at the injection
port exit triggers the Coanda effect under certain injection conditions. For trailing edge injection, Coanda effect
may be exploited as a flow control tool?*. Similarly, Coanda effect appearing at the leading edge may enable flow
control tools at the leading edge.

Figure 15 represents the cooling effectiveness distributions along the airfoil for the three different cooling
total pressures studied with a cooling injection port diameter doo1ing = d/10. For each of the three different
D0 cooling /o1 values, two different curves are plotted. The solid line corresponds to the upper half of the airfoil
while the dashed line corresponds to the bottom one. For pg cooling /o1 = 0.8 and 1.5, the cooling effectiveness
distributions are different, with lower values on the top surface of the airfoil. Hence, that side is less protected by
the cooling injected at the leading edge. As cooling total pressure is increased to pg cooling/po1 = 2, the Coanda
effect disappears and both curves collapse to a single one.

Cooling effectiveness for pg cooling/po1 = 0.8 and 1.5 on the side towards which cooling is not deflected is
close to 0 along most of the airfoil. For pg cooling/po1 = 0.8, it even has a small region where it becomes negative
close to the leading edge. This means that heat flux in the particular region is higher for the cooled than for the
uncooled configuration.

Table 5 summarizes the cooling and aerodynamic performance of the steady leading edge injection for the
cases in which the injection port diameter is dcooling = d/10. Lower thermal load and drag reductions, and lower
total pressure loss are reached with respect to the cases with a port size doo1ing = d/2. Regarding the thermal load
alleviation, the two lower cooling total pressures give similar values, when the coolant total pressure achieves
PO cooling/Po1 = 2, the symmetric flow topology gives thermal protection to both sides of the airfoil and the
thermal load is significantly reduced with respect to lower cooling total pressures.
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Figure 15. Cooling effectiveness distributions for cases with a cooling injection port size dcooling = d/10.

Pocooling (=) Qcooling (%) Diotal cooling (%) | Apo (%)

Po1 QNo cooling Diotal no cooling
0.8 68.13 75.78 5.46
1.5 62.35 49.43 5.82
2 37.13 29.12 5.92

Table 5. Cooling performance summary of dcooing = d/10 diameter injection port cases.

Rege (=) | M (%) | Poostns (o) | Tooli ()
1.00 x 10* | 0.85 0915 0.334
1.00 x 10* | 0.70 0.802 0.272
1.00 x 10 | 1.00 2.022 0.720
0.50 x 10* | 0.85 0.940 0.645
150 x 10* | 0.85 0.898 0.231
0.50 x 10* | 0.70 0.813 0.519
1.50 x 10* | 0.70 0.800 0.192
0.50 x 10* | 1.00 2.560 1.750
1.50 x 10* | 1.00 2.175 0.500

Table 6. Cooling Reynolds and Mach numbers and the corresponding coolant total pressures and
temperatures.

Coanda effect parametric study. To further understand the nature of the Coanda effect appearing for
certain injection conditions, a more in-depth parametric study was conducted. This study involved the cooling
Reynolds and Mach numbers, the impact of flow angle incidence. Nine cases were considered to evaluate the
cooling Reynolds (Re;.) and Mach number (M,) effects. The values of these parameters and the total pressure
and temperatures imposed at the cooling injection are listed in Table 6. The Re 4 was varied between 0.5 x 10%
and 1.5 x 10* and M, between 0.70 and 1.00. Both Reynolds and Mach numbers were evaluated at the cooling
injection pressure inlet boundary. The Reynolds number is based on the cooling injection slot width (dcoojing)-

To evaluate the symmetry or presence of the Coanda effect on the leading edge flow topology, we use the ratio
of the mean pressures in the two sides of the front part of the leading edge. As the numerator, we use the highest
value, which could be the lower or upper side of the airfoil, divided by the smallest mean static pressure level.
Hence, the mathematical expression for this ratio is max{py, p; } /min{pu,pr }. The mean static pressures py
and p; were evaluated between the centerline of the leading edge geometry and the position corresponding to
45° on the circular arcs defining the leading edge on each half of the airfoil.

Figure 16 represents the points evaluated when varying the cooling Reynolds and Mach numbers. The first
parameter is plotted on the horizontal axis and the second parameter on the vertical one. The points represented
in this graphic are colored by the py /py ratio. No significant Reynolds effects were observed for the range studied.
However, symmetric configurations appeared for the highest cooling Mach number studied (M, = 1.00) while

Scientific Reports |

(2020) 10:21922 | https://doi.org/10.1038/s41598-020-79048-w natureresearch



www.nature.com/scientificreports/

1 L] ° L4
M, [-]
0.85 ® ® °
0.7 ° ° °
0.5 1 15
Reqe [-] x10%

Figure 16. Coanda parametric study cooling Reynolds and Mach number map colored with the ratio of mean
static pressure on both sides of the leading edge.
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Figure 17. Leading edge region Mach number contours for Rez. = 1.00 x 10* and M, = 0.70 (a), 0.85 (b) and
1.00 (c).
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Figure 18. Leading edge region Mach number contours for Reg. = 1.00 x 10*and M, = 0.85, 1 = —20(a), 0
(b) and 20° (c).

the Coanda effect causing an asymmetric flow topology appeared for lower values of this parameter. Hence,
compressibility plays an essential role in the leading edge flow topology.

The Mach number contours on the leading edge vicinity for different cooling injection Mach numbers are
depicted in Fig. 17. Graphics (a) and (b) show the asymmetric flow topologies appearing for low Mach numbers.
In contrast, contour (c) shows the symmetric configuration when sonic conditions are reached at the cooling
injection.

The effect of the mainstream flow angle, o, on the leading edge flow topology was evaluated two different
cases: the one with Reg. = 1.00 x 10*and M. = 0.85 and the one with Reg. = 1.00 x 10* and M. = 1.00. These
cases correspond to a Coanda and symmetric flow topology when the mainstream is completely axial, respec-
tively. In both cases, the inlet flow angle (o/;) was varied between —20 and +20°, where positive flow angles mean
that the flow arrives at the leading edge from the top part of the 2D domain given in Fig. 2. Figure 18 shows the
Mach number contours for a; = — 20, 0 and 20°. In the three cases, Rege = 1.00 x 10*and M, = 0.85. Graphic
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Figure 19. Thermal load and total drag evolutions with respect to time together with cooling mass flow and
injection Mach number.

(b) depicts the Coanda effect appearing for the axial flow conditions under these cooling Reynolds and Mach
numbers. The variation of the flow angle from axial conditions modifies the bow shock shape and the cooling
direction. The bow shock rotates to face the incoming free stream while the cooling flow is diverted to the oppo-
site side to the incoming flow. Once this coolant flow rotates around the curved leading edge and arrives at the
flat part of the airfoil, it accelerates through an expansion fan, reaching Mach numbers of up to 3.

The possible appearance of spanwise effects was evaluated running a 3D RANS case in which the previously
considered 2D domain was extruded one chord length, 60 mm. The cooling boundary conditions considered
for this case are those corresponding to Reg. = 1.00 x 10* and M, = 0.85. The limits of the extrusion were
considered slip adiabatic walls. The Coanda effect occurs for this case, making the leading edge flow topology
non-symmetric. Furthermore, the topology is identical at different positions in the spanwise direction.

Unsteady blowing effect

The evolution of the aerodynamic and thermal parameters together with the flow field reported so far for steady
blowing conditions were analyzed for fluctuating cooling conditions. Figure 19 represents the evolution of
cooling injection Mach number, mass flow, total drag and thermal load as a function of non-dimensional time
from 0 to 1 period. The data shown in Fig. 19 corresponds to T coling/ To1 = 0.5 and a fluctuation frequency of
10Hz in py cooling-

Cooling Mach number and mass flow increase as pg cooling does, from t/P = 00 0.15. Then the injection port
gets choked, reaching M,ling = 1and the different variables remain constant until the coolant total pressure
decreases again. During this portion of the period with high pg cooling the thermal load over the airfoil decreases,
reaching its minimum. Two intervals in which Q and drag present high frequency fluctuations occur immediately
before the cooling port gets choked and unchoked. In between them, both variables remain constant while the
injection cavity is choked. During the second half of the period, when the cooling total pressure is decreased
below its mean value, M ooling and #itooling decrease as well. The thermal load has the opposite behavior during
this part of the period, reaching its maximum value. Even though the peak-to-peak amplitude of the fluctuations
in po cooling is only 1.9% of its mean value, peak-to-peak amplitudes 0f 106% for Mooling> 71% for #cooling and 44%
for Q and 137% for total drag were obtained.

Figure 20 depicts four different time snapshots of the Mach number contour at the leading edge vicinity
for To cooling/ To1 = 0.5and f = 10 Hz. At the beginning of the period, ¢/P = 0, a subsonic injection flow field
can be observed, with low subsonic Mach number at the cooling injection cavity. As total pressure is increased,
supersonic injection already appears for t/P = 0.25 with two supersonic pockets at the exit of the cooling cavity
and two separation regions on the sides of the injection. The larger momentum of the jet for this supersonic
injection pushes the bow shock further away from the leading edge. Supersonic injection can still be observed
fort/P = 0.50. As the cooling total pressure is decreased throughout the second half of the fluctuation period,
subsonic injection is retrieved again for t /P = 0.75, in this case with a higher Mach number at the injection than
the one at the beginning of the period.

The effects of the cooling total pressure fluctuation on the bow shock position are shown in Fig. 21. For the
two lower frequencies (10 and 100 Hz), the position of the shock has its maximum during the first half of the
fluctuation since the higher total pressure, and hence momentum, of the leading edge jet pushes it further away.
During the second half of the fluctuation, during which subsonic injection occurs, the lower momentum of the
jet makes the bow shock approach the leading edge. For the higher frequency of 100 Hz, the amplitude of the
fluctuation in the shock position throughout the period is reduced.

A similar behavior can be observed in the unsteady evolution of the thermal load alleviation when fluctu-
ating the cooling total pressure at different frequencies. The unsteady evolution of this variable is depicted in
Fig. 22 for the three different frequencies analyzed in this study. The data presented in this graph corresponds to
To cooling/ To1 = 0.5. For fluctuation frequencies of 10 and 100 Hz (blue and red curves, respectively), the thermal
load alleviation displays the same behavior shown in Fig. 19). When the fluctuation frequency is increased, the
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Figure 20. Time snapshots of the Mach number contour at the leading edge region throughout a fluctuation
period for Tg cooting/ Tor = 0.5, f = 10 Hz.
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Figure 21. Bow shock distance from leading edge evolutions with respect to time for three different cooling
total pressure fluctuation frequencies.
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Figure 22. Thermal load alleviation evolutions with respect to time for three different cooling total pressure
fluctuation frequencies.
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Togetns (o) | f(H2) | (G2 (%) | sitooting mean (kg/ (5 % m)
10 25.23 1.01
0.5 100 25.70 1.02
1000 24.68 1.20
10 10.33 1.13
0.4 100 10.34 1.14
1000 9.91 1.34

Table 7. Thermal load alleviation summary for unsteady cooling cases.

system becomes more insensitive to those fluctuations. At1000 Hz the thermal load temporal evolution is almost
flat compared with the two lower frequency cases. The system reaches a quasi-steady state when the cooling
fluctuation reaches this high frequency, becoming insensitive to the varying inlet cooling. This finding agrees
with previously documented phenomena described in supersonic passages? exposed to fluctuating inlet condi-
tions, note that the previous research considered uncooled supersonic airfoils. These authors identified that the
passage aerodynamic behavior reaches a quasi-steady state when the inlet conditions vary at high frequency.

Table 7 shows the mean thermal load alleviation and cooling mass flows retrieved from the unsteady simula-
tions in this study. The pulsating may deliver mean thermal load alleviations close to the maximum ones achieved
with steady supersonic injection. Nevertheless, the mean cooling mass flow employed with a pulsating strategy
is lower than for steady supersonic injections.

Conclusions

The effect on the flow topology created by the injection at the leading edge of an airfoil facing a supersonic free
stream has been numerically investigated. The diverse shock waves and flow topologies caused by steady subsonic
and supersonic injections as well as pulsating ones have been examined. Overall, leading edge injection pushes
the bow shock upstream of the leading edge and makes it more normal in its core region for the studied regimes.
The induced flow topology modifications lead to reductions in the thermal load over the airfoil as well as its drag,
creating however an increase in total pressure loss due to the bow shock intensity increase.

For steady injection, a coolant total pressure threshold has been identified, which separates two distinct injec-
tion regimes. For pressures below this threshold the coolant is injected with subsonic conditions while above
it, it is injected in supersonic conditions, with the latter providing a higher aerodynamic and thermal effect.
Pulsating cooling was evaluated at 10,100 and 1000 Hz, revealing a quasi-steady performance at high frequency.
Comparing steady and unsteady injections, the steady supersonic creates the largest thermal and aerodynamic
modifications, however, the steady subsonic and pulsating ones have also proven significant modifications requir-
ing lower cooling mass flow rates.

The investigation of different injection port sizes, dcooling = d/2 and d/10, yielded the discovery of a Coanda
effect for the smallest one, deflecting the cooling to one side despite the complete symmetry of the problem
setup. This feature was associated with a bifurcation phenomenon in sudden expansions in previous literature.
However, this is the first time it is documented and analyzed for the injection at the leading edge of a supersonic
body. This finding should enable a novel flow control strategy for future supersonic airfoils.

Received: 14 February 2020; Accepted: 30 November 2020
Published online: 14 December 2020

References
1. Delery, J. & Dussauge, J. P. Some physical aspects of shock wave/boundary layer interactions. Shock Waves 19, 453-468. https://
doi.org/10.1007/500193-009-0220-z (2009).
2. Sousa, J., Paniagua, G. & Saavedra, J. Aerodynamic response of internal passages to pulsating inlet supersonic conditions. Comput.
Fluids 149, 31-40. https://doi.org/10.1016/j.compfluid.2017.03.005 (2017).
3. Sousa, J., Paniagua, G. & Morata, E. C. Thermodynamic analysis of a gas turbine engine with a rotating detonation combustor.
Appl. Energy 195, 247-256. https://doi.org/10.1016/j.apenergy.2017.03.045 (2017).
4. Hutt, G. S. & Howe, A. J. Forward facing spike effects on bodies of different cross section in supersonic flow. Aeronaut. J. R. Aero-
naut. Soc. 93, 229-234. https://doi.org/10.1017/S0001924000017085 (1989).
5. Menezes, V., Saravanan, S. & Reddy, K. P. J. Shock tunnel study of spiked aerodynamic bodies flying at hypersonic Mach numbers.
Shock Waves 12, 197-204. https://doi.org/10.1007/s00193-002-0160-3 (2002).
6. Erdem, E., Kontis, K. & Yang, L. Steady energy deposition at Mach 5 for drag reduction. Shock Waves 23, 285-298. https://doi.
0rg/10.1007/s00193-012-0405-8 (2013).
7. Riggins, D., Nelson, H. F. & Johnson, E. Blunt-body wave drag reduction using focused energy deposition. AIAA J. 37, 460-467.
https://doi.org/10.2514/2.756 (1999).
8. Meyer, B., Nelson, H. FE. & Riggins, D. W. Hypersonic drag and heat-transfer reduction using a forward-facing jet. J. Aircr. 38,
680-686. https://doi.org/10.2514/2.2819 (2001).
9. Yinsheng, R. Drag reduction research in supersonic flow with opposing jet. Acta Astronaut. 91, 1-7. https://doi.org/10.1016/j.actaa
5tr0.2013.04.015 (2013).
10. Josyula, E., Pinney, M. & Blake, W. B. Applications of a counterflow drag reduction technique in high speed systems. J. Spacecr.
Rockets 39, 605-614. https://doi.org/10.2514/2.3850 (2002).
11. Fomin, V. M., Maslob, A. A., Shashkin, A. P,, Korotaeva, T. A. & Malmuth, N. D. Flow regimes formed by a counterflow jet in a
supersonic flow. J. Appl. Mech. Tech. Phys. 42, 757-764. https://doi.org/10.1023/A:101798412 (2001).

Scientific Reports |

(2020) 10:21922 | https://doi.org/10.1038/s41598-020-79048-w natureresearch


https://doi.org/10.1007/s00193-009-0220-z
https://doi.org/10.1007/s00193-009-0220-z
https://doi.org/10.1016/j.compfluid.2017.03.005
https://doi.org/10.1016/j.apenergy.2017.03.045
https://doi.org/10.1017/S0001924000017085
https://doi.org/10.1007/s00193-002-0160-3
https://doi.org/10.1007/s00193-012-0405-8
https://doi.org/10.1007/s00193-012-0405-8
https://doi.org/10.2514/2.756
https://doi.org/10.2514/2.2819
https://doi.org/10.1016/j.actaastro.2013.04.015
https://doi.org/10.1016/j.actaastro.2013.04.015
https://doi.org/10.2514/2.3850
https://doi.org/10.1023/A:101798412

www.nature.com/scientificreports/

12. Finley, P. J. The flow of a jet from a body opposing a supersonic free stream. J. Fluid Mech. 26, 337-368. https://doi.org/10.1017/
$0022112066001277 (1966).

13. Daso, E.O,, Pritchett, V.E., Wang, T.S., Otan, D.K,, Blankson, .M. & Auslender, A.H. “The Dynamics of Shock Dispersion and
Interaction in Supersonic Freestreams with Counterflowing Jets”. 45th AIAA Aerospace Sciences Meeting and Exhibit, https://doi.
org/https://doi.org/10.2514/6.2007-1423 (2007).

14. Saracoglu, B. H., Paniagua, G., Sanchez, J. & Rambaud, P. Effects of blunt trailing edge flow discharge in supersonic regime. Comput.
Fluids 88, 200-209. https://doi.org/10.1016/j.compfluid.2013.09.013 (2013).

15. Martinez-Cava, A., Wang, Y., de Vicente, J. & Valero, E. Pressure bifurcation phenomenon on supersonic blowing trailing edges.
AIAA J. 57, 153-164. https://doi.org/10.2514/1.J057056 (2019).

16. Fearn, R. M., Mullin, T. & Cliffe, K. A. Nonlinear flow phenomena in a symmetric sudden expansion. J. Fluid Mech. 211, 595-608.
https://doi.org/10.1017/50022112090001707 (1990).

17. Mayle, R. E. The role of laminar-turbulent transition in gas turbine engines. J. Turbomach. 123, 637-686. https://doi.
org/10.1115/1.2929110 (1991).

18. Dunn, G. M. Convective heat transfer and aerodynamics in axial flow turbines. J. Turbomach. 113, 509-536. https://doi.
org/10.1115/1.1397776 (2001).

19 Celik, I. B. et al. Procedure for estimation and reporting of uncertainty due to discretization in CFD applications. J. Fluid Eng.
https://doi.org/10.1115/1.2960953 (2008).

20. Clark, J. P. & Grover, E. A. Assessing convergence in predictions of periodic-unsteady flowfields. J. Turbomach. 129, 740-749. https
://doi.org/10.1115/1.2720504 (2007).

21. Saavedra, J. & Paniagua, G. Transient performance of separated flows: experimental characterization of flow detachment dynamics.
ASME Turbo Expo https://doi.org/10.1115/GT2019-91020 (2019).

22. Dolling, D. S. & Bogdonoff, S. M. Scalling of interactions of cylinders with supersonic turbulent boundary layers. AIAA J. 19,
655-657. https://doi.org/10.2514/3.7805 (1981).

23. Linn, J. & Kloker, M. J. Effects of wall-temperature conditions on effusion cooling in a supersonic boundary layer. AIAA J. 49,
299-307. https://doi.org/10.2514/1.J050383 (2011).

24. Lozano, E, Saavedra, J., Fisher, ., Paniagua, G., Martinez-Cava, A. & Valero, E. “Experimental approach to characterize base region
Coanda flow topology induced by pulsating blowing”. 8th European Conference for Aeronautics and Space Sciences (EUCASS),
https://doi.org/https://doi.org/10.13009/EUCASS2019-762 (2019).

Acknowledgements

The authors would like to acknowledge “La Caixa” Foundation for supporting this research with Grant No. LCF/
BQ/AA17/11610006 through their Postgraduate in North America and Asia-Pacific Programme. The authors
would like to acknowledge the US Department of Energy for the part-time faculty appointment of Prof. Paniagua
to the Faculty Research Participation Program at the National Energy Technology Laboratory. The authors would
like to acknowledge Jorge Saavedra as well for all the fruitful discussions during this research.

Author contributions

EL. performed and analyzed the numerical simulations reported in this manuscript. EL. and G.P both contrib-
uted to the analyis of the data. FL wrote most of the manuscript, and GP made edits to the text and recommen-
dations to improve the figures. All authors reviewed the complete manuscript.

Competing interests
The authors declare no competing interests.

Additional information
Correspondence and requests for materials should be addressed to EL.

Reprints and permissions information is available at www.nature.com/reprints.

Publisher’s note Springer Nature remains neutral with regard to jurisdictional claims in published maps and
institutional affiliations.

Open Access This article is licensed under a Creative Commons Attribution 4.0 International

= License, which permits use, sharing, adaptation, distribution and reproduction in any medium or
format, as long as you give appropriate credit to the original author(s) and the source, provide a link to the
Creative Commons licence, and indicate if changes were made. The images or other third party material in this
article are included in the article’s Creative Commons licence, unless indicated otherwise in a credit line to the
material. If material is not included in the article’s Creative Commons licence and your intended use is not
permitted by statutory regulation or exceeds the permitted use, you will need to obtain permission directly from
the copyright holder. To view a copy of this licence, visit http://creativecommons.org/licenses/by/4.0/.

© The Author(s) 2020

Scientific Reports |

(2020) 10:21922 | https://doi.org/10.1038/s41598-020-79048-w nature research


https://doi.org/10.1017/S0022112066001277
https://doi.org/10.1017/S0022112066001277
https://doi.org/10.2514/6.2007-1423
https://doi.org/10.1016/j.compfluid.2013.09.013
https://doi.org/10.2514/1.J057056
https://doi.org/10.1017/50022112090001707
https://doi.org/10.1115/1.2929110
https://doi.org/10.1115/1.2929110
https://doi.org/10.1115/1.1397776
https://doi.org/10.1115/1.1397776
https://doi.org/10.1115/1.2960953
https://doi.org/10.1115/1.2720504
https://doi.org/10.1115/1.2720504
https://doi.org/10.1115/GT2019-91020
https://doi.org/10.2514/3.7805
https://doi.org/10.2514/1.J050383
https://doi.org/10.13009/EUCASS2019-762
www.nature.com/reprints
http://creativecommons.org/licenses/by/4.0/

	Airfoil leading edge blowing to control bow shock waves
	Numerical methodology
	Computational domain. 
	Boundary conditions. 
	Numerical approach. 
	Numerical approach validation. 
	Two- and three-dimensional flow topologies comparison. 

	Steady blowing effect
	Flow topology modifications. 
	Effect on aerodynamic performance. 
	Effect on thermal behavior. 
	Cooling injection port size effect. 
	Coanda effect parametric study. 

	Unsteady blowing effect
	Conclusions
	References
	Acknowledgements


